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Abstract

This thesis presents a tool for conceptual design of a traditional configuration aircraft by
using a parametric six degrees of freedom (6DOF) flight mechanics model implemented in
the Modelica Language using Wolfram System Modeler. Being first only able to model and
simulate the uncontrolled flight of an aircraft with fixed mass and centre of gravity (CG),
and requiring detailed aerodynamic parameters as an input, the 6DOF model is improved
by developing new features to reduce the number of required inputs while also increasing
the data output of the simulations.

First, the propulsion submodel is added with models for alternative propulsions to the
existing model of turbofan engines. The energy and fuel consumption is also modelled
for all propulsion types, and thus the aircraft model has no longer fixed mass properties,
except for aircraft with electric propulsion. To further evaluate the fuel consumption for
pre-defined flight missions with given flight speed, altitude and track angles, autopilots
for a few different aircraft types are developed. Additionally, the 6DOF model is improved
by establishing algebraic and statistical relationships between the aircraft geometric input
parameters, aerodynamic coefficients and moments of inertia such that the values for the
two last mentioned can be estimated inside the 6DOF model based on the minimum
amount of design variables, geometric input parameters and aerodynamic properties of
the 2D airfoils used in the wings.

Ultimately, the improved 6DOF model is evaluated and analysed in terms of its
performance in initial weight estimation on aircraft conceptual design stage as well as in
predicting the aerodynamic properties.



Acknowledgments

I want to thank all my supervisors for their guidance and involvement in this thesis project.
I would especially like to thank Wolfram MathCore for providing the opportunity and tools
to do this thesis with a topic matching my interests in flight mechanics and modelling
and simulation. Thank you also to their employees who helped me whenever I needed it.
Lastly, I want to thank the Finnish education system for a stimulating education especially in
mathematics and physics that eventually pushed me into higher education in engineering.

Linköping, June 2022
Niko Erä-Esko

iv



Nomenclature

Abbreviations and Acronyms

Abbreviation Meaning
6DOF Six Degrees of Freedom
AC Aircraft
CFD Computational Fluid Dynamics
CG Centre of Gravity
DASSL Differential/Algebraic System Solver
LE Leading edge
NACA National Advisory Committee for Aeronautics
PID Proportional–Integral–Derivative
USAF United States Air Force

Latin Symbols

Symbol Description Units
a speed of sound

�

m s�1
�

a linear acceleration vector
�

m s�2
�

AR aspect ratio r�s

b wing span rms

BSFC brake-specific fuel consumption
�

kg W�1 s�1
�

c chord length rms

C circumference rms

cpyq local chord length at y-coordinate rms

CD drag coefficient r�s

Cf skin-friction drag coefficient r�s

CL lift coefficient r�s

Cl� lift curve slope of 2D airfoil
�

rad�1
�

CL� lift curve slope of 3D wing
�

rad�1
�

Cl�a
control derivative coefficient for change in
roll moment due to aileron deflection

�

rad�1
�

Clp stability derivative coefficient for change
in roll moment due to roll rate

�

rad�1
�

e specific energy
�

J kg�1
�

E gross energy capacity; consumed energy rJs

F force vector rN s

FF form factor r�s

h altitude; height rms

i incidence angle rrads

v



Symbol Description Units
I inertia tensor

�

kg m2
�

Ixx; Iyy; Izz moments of inertia
�

kg m2
�

Ixy; Ixz; Iyz products of inertia
�

kg m2
�

k skin roughness value; sign for coefficient rms, r�s
K induced drag factor r�s

KCn�a
empirical factor for estimating yaw due to
aileron deflection

r�s

l length rms

L roll moment rN ms

m mass rkgs

M mach number; pitch moment r�s, rN ms

n load factor; number of items r�s

N yaw moment rN ms

p roll rate; pressure
�

rad s�1
�

, rPas
P power rW s

q pitch rate; dynamic pressure
�

rad s�1
�

, rPas
Q interference factor r�s

r yaw rate
�

rad s�1
�

rg radius of gyration rms

Re reynolds number r�s

S area
�

m2
�

t time; thickness rss, rms
T thrust, temperature rN s, rKs
TR throttle ratio r�s

TSFC thrust-specific fuel consumption
�

kg N�1 s�1
�

U energy density
�

J m�3
�

v velocity
�

m s�1
�

V volume
�

m3
�

w width rms

y y-coordinate rms

z z-coordinate rms

Greek Symbols

Symbol Description Units
� angle of attack rrads

� angular acceleration vector
�

rad s�2
�

� sideslip angle rrads

 flight path angle; adiabatic index rrads, r�s
� dihedral angle rrads

� control actuator deflection; pressure ratio rrads, r�s
� downwash angle rrads

� efficiency r�s

� pitch angle; temperature ratio rrads, r�s
� taper ratio r�s

� sweep angle rrads

� air density
�

kg m�3
�



Symbol Description Units
� sidewash angle rrads

� ratio of thickness-to-chord ratios at the tip
and root

r�s

� torque vector rN ms

� roll angle rrads

 yaw angle rrads

Subscripts and superscripts

Abbreviation Meaning
0 property values at sea-level / zero-lift conditions
a ailerons
abs seats abreast
ac entire aircraft
AC aerodynamic centre
alt property value at altitude
avail available
batt battery system
cell battery cell
CG centre of gravity
ctrf centre fuel tank
cutoff cut-off value
des design value
e elevator
eff effective
eng engine
est estimated value
exp exposed (area)
fr fuselage reference frame
FRP fuselage reference plane
fuel consumed fuel
fus fuselage
HC half chord
HT horizontal tail
i induced
lg landing gear
max maximum value
mech power transmission of a powertrain
ML maximum landing value
MTO maximum take-off value
nac nacelle
neg negative
pax passengers
PL payload
prop propeller
r rudder
ref reference value (area)



Abbreviation Meaning
seat airline seat
sys systems installed onboard
T throttle
tot total, stagnation value
VT vertical tail
w main wing
wb wing-body combination
wet wetted (area)
wf (one) wing fuel tank
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1 Introduction

1 .1 Background

This thesis work builds upon a parametric 6DOF �ight mechanics model developed by
Wolfram MathCore and implemented in the Modelica Language using Wolfram System
Modeler and planned to be released later in 2022. The model is referred to as the
Aircraft Library later in this work. Prior to this work, the library was able to simulate
the �ight of a conventional con�guration rigid-aircraft for which all aerodynamic and mass
properties were known. The library included a model of the atmosphere according to the U.S.
Standard Atmosphere [1], which had an in�uence on the aerodynamic forces and the thrust
output of the simpli�ed turbofan submodel implemented to the library.

In order to enable the library to be used in aircraft conceptual design, the library is to
be enhanced with methods to derive the aerodynamic and mass properties based on the
aircraft geometry and some selected design variables. Thus, the number of required user
input parameters to model the properties of an aircraft in early design phases is decreased.

1 .2 Motivation

There are many tools available for aircraft conceptual design for prediction of aerodynamic
coef�cients and stability and control derivatives of an aircraft with a given geometry. One
such tool, the United States Air Force (USAF) DATCOM Digital program, was used for the
validation of the obtained aerodynamic coef�cients in this work. Other tools, such as the
Open VSP developed by NASA, can also be used to generate the geometry of the aircraft
design in addition to predict its aerodynamic performance.

With the predicted aerodynamic coef�cients and stability and control derivatives from
these tools, it can indeed be shown whether the aircraft design is stable, whether it can
generate enough lift and the magnitude of the drag force in a spectrum of �ight altitudes and
velocities. However, modelling and deriving the aerodynamic forces in complicated dynamic
states, e.g. when the aircraft starts to pitch up while also rolling to the right and yawing to
the left with the consequent induced angles of attack and sideslip angle is not possible with
these tools. Combining the models for aerodynamic coef�cients and stability and control
derivatives with a 6DOF rigid-aircraft model with a simulation gives all that data in addition
to visualising the resulting trajectory of the aircraft.
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1 .3. Aim

That being said, bringing the 6DOF �ight mechanics model with simulation capability to
the aircraft conceptual design enables testing the performance of the aircraft design directly
for any given �ight path considering also the dynamic effects. Consequently, the work�ow
from aircraft geometry and design variables to detailed performance analysis in aircraft
conceptual design can all be done in one tool.

Another aspect to why it is important to involve simulations early in the aircraft design
process comes from the systems engineering perspective on aircraft design. In systems
engineering, the development process is commonly conducted by following the V-model,
shown in Fig. 1 .1, in which the design process is divided into decomposition and integration
phases. In aircraft design, both phases move vertically between aircraft level and component
level. The aircraft design is subject to testing in each phase and on each level. Having a decent
6DOF simulator involving multiple disciplines on the aircraft level of the decomposition
phase provides a versatile testing tool for checking how the requirements are met with a
more holistic perspective. [2][3]

Figure 1 .1: V-model adapted for aircraft design. [3]

1 .3 Aim

The aim of this work is to develop and test a tool for aircraft conceptual design that involves
simulation with a 6DOF �ight mechanics model. The following six objectives are used to
achieve the aim of this work:

1. Enable controlling of an arbitrary aircraft design for an arbitrary �ight mission.

2. Improve the Aircraft Library by implementing empirical relations to estimate the
aerodynamic coef�cients and mass properties based on as few user input parameters
on aircraft geometry and other design variables as possible, and by also considering the
air compressibility effects for the aerodynamic coef�cients.

3. Create a model for considering stall for the main wing and horizontal tail.

4. Create models for other propulsion types besides the turbofan model, and include the
air compressibility effects into the propulsion models.

5. Use and test the improved Aircraft Library in aircraft sizing.

6. Compare the obtained aerodynamic coef�cients and mass properties of existing aircraft
with known or estimated values through other tools.

2



1 .4. Delimitations

1 .4 Delimitations

In this work, many new features were added to the library at the expense of their scope. These
limitations include modelling only the subsonic and transsonic regimes below Mach 1. As a
matter of fact, the current model experiences singularities at Mach 1, leading to numerical
issues hence the resultant values of the aerodynamics properties become unreliable due to
effects related to the formation of shock waves. Furthermore, despite the availability of
the transsonic equations for estimating the aerodynamic coef�cients, they were not always
used due to their complexity and their need for adding more user input parameters on the
aircraft geometry. When it comes to the �ight mechanics, the effects from linear and angular
accelerations are neglected.

In addition to the lack of high-lift devices and air brakes, the control actuators are also
simpli�ed by having no differential de�ection of the ailerons but they are always de�ected
with equal and opposite angles, and the horizontal tail is not trimmable but with �xed
incidence angle. The wing geometry is simpli�ed to one tapered section with constant
incidence angle with no spanwise twist.

Another domain that is not considered is disturbances or movement in the atmosphere,
i.e. the atmospheric properties at the same altitude are invariable with time and there are no
winds gusts or jet streams that would require modelling unsteady aerodynamics. The �ight
environment is further simpli�ed by applying a non-rotating �at earth model. Additionally,
with regard to the aircraft model, the aeroelasticity is not modelled in this work with the
aircraft being considered as a rigid body.

3



2 Theory

In this chapter, the main disciplines of the theoretical framework of the thesis work are
described. Additionally, the sign conventions used in this work are presented.

2 .1 Aircraft Conceptual Design

The aircraft design process usually starts with the assessment of the requirements from
customers, contractors and airworthiness authorities, that ideally together with new concept
ideas de�ne the span of the design space [4][5]. During aircraft conceptual design, the
design space is explored and eventually narrowed down to one or few designs. Traditionally,
the aircraft conceptual design has been carried out with static low-level statistical and
empirical methods to evaluate the performance and the ful�llment of the requirements of
the design. The validation of the concept through simulations has usually been conducted at
the following design phase, namely the preliminary design phase. [6][7]

Along with the advancements in computational power, the methodology in aircraft
conceptual design is shifting towards higher �delity simulation based tools [8][6]. Thus,
the model validation with simulation can already be involved during the aircraft conceptual
design process, possibly as a part of an automated process to optimise the design.

2 .2 Flight Mechanics

Flight mechanics is a broad term including a number of different disciplines, but in this work
the de�nition by Hull [9] is used. He de�nes �ight mechanics as the analysis of aircraft motion
using the Newton-Euler �rst ( F � m a) and second (� � I � ) laws of motion for a rigid body.
The complete set of rigid-body 6DOF equations of motion are solved in a frame �xed to the
aircraft, hereinafter referred to as body frame. However, the body frame is unsuitable for
describing the trajectory of the aircraft. Thus, the inertial frame �xed to the non-rotating �at
earth model is used for solving the aircraft position and orientation. During a simulation,
the aircraft differential equations of motion are numerically integrated to solve for the �own
trajectory. [9][10]

Once the aircraft is airborne, the only forces acting on it other than the gravitational force
are the aerodynamic forces and thrust. Thus, the forces and moments causing the linear and

4



2 .2. Flight Mechanics

angular motions in the aircraft equations of motion are solely consisting of them. The terms
de�ning the couplings between the different motions along and around the three body axes
are called stability derivatives, and they are derived from the aerodynamic coef�cients, mass
properties and geometry of the aircraft. They de�ne for example roll moment ( L ) due to yaw
rate (r ) as the different sides of the main wing are experiencing different amount of lift due
to their different velocities through air.

The contribution to the aircraft motion by the de�ection of the control actuators is de�ned
by control derivatives, which are derived from the geometry and location of the control
actuators. The notation of control actuators and the sign convention for control surface
de�ections, body angular velocities and moments of Nelson [10] are used here, and they
are shown in Fig. 2 .1.

Figure 2 .1: Sign convention for control surface de�ections and body frame axes with body
angular velocities and moments.

Not all stability and control derivatives need to be derived when using the physical modelling
environment as some of their effects on the motion of the aircraft emerge automatically when
the aerodynamic forces can be applied locally for each component with the correct lever arm.
For example, if a downward force at the horizontal tail is applied due to a negative de�ection
of the elevator, the physical model automatically generates a corresponding positive pitching
moment (M ) due to the location of the applied force. Consequently, deriving a value for the
control derivative for pitch moment ( q) due to elevator de�ection is unnecessary.

In theory, the need for deriving values for all stability and control derivatives could be
removed entirely in physical modeling if all aerodynamic forces would be modelled with
local dynamic pressure values instead of global values throughout the aircraft, including
at different spanwise locations on the wing surfaces. This would naturally increase the
computational cost compared to using the stability and control derivatives.
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3 Method

The primary aim of this project was to enhance the Aircraft Library such that the aerodynamic
and mass properties are estimated based on the aircraft geometry and some key design
variables of the aircraft design given by the user and also by considering nonlinear effects
due to air compressibility and stall. Eventually, the library would also be able to simulate
the controlled �ight of an aircraft design for a given �ight mission. This chapter presents
the used methodology to estimate the aerodynamic and mass properties from the user input
parameters and how aircraft designs are controlled during a simulation. Moreover, the model
veri�cation and validation methods and an example case in using the library in aircraft sizing
are presented.

3 .1 Autopilot

An autopilot was built into the Aircraft Library that translates the �ight trajectory variables,
i.e. �ight speed ( vtot ), altitude ( h) and track, that are used to de�ne a �ight mission,
into control actuator commands, i.e. elevator de�ection ( � e), aileron de�ection ( � a),
rudder de�ection ( � r) and throttle position ( � T). The block diagram of the autopilot is shown
in Fig 3 .1.

The altitude is controlled by � e with an inner feedback loop for controlling the pitch angle
(� ), and thus having two PID-controllers in series. Similarly, track is controlled by � a with
an inner feedback loop for controlling the roll angle ( � ) with two PID-controllers. vtot is
controlled by � T with only one PID-controller and one feedback loop. � r is used to hold the
sideslip angle (� ) at zero with constant zero reference � input signal. Thereby, the autopilot
has six PID-controllers that are to be tuned for different aircraft.

An automatic method for tuning all the 18 control gains of the six PID-controllers for
any given aircraft became a demanding challenge, as the attempts to create a linearised
model between the control actuator inputs and the motion of the aircraft failed. Thus, the
tuning was done manually for different aircraft types. Experimenting on which factors of
an aircraft affect the most on the dynamics between the control actuator inputs and �ight
trajectory variables showed the biggest effect from aircraft mass and propulsion type. As
these parameters can generally be considered to be coupled, i.e. piston and electric engines
are typically found in light aircrafts whereas turboprop engines are found in mid-sized
aircraft and turbofans in larger aircraft, four different autopilots were manually tuned for
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3 .2. Thrust Available and Fuel Consumption

these propulsion types. Different autopilots were made for electric and piston engines despite
them occurring in similar size aircraft as the performance between the two engine types differ
to a large extent in higher altitudes, as the equations in Sec. 3 .2 show.

Figure 3 .1: Autopilot architecture.

3 .2 Thrust Available and Fuel Consumption

In the Aircraft Library, the produced net thrust of an engine ( Tnet) is the product of thrust
available (Tavail ) and � T signal after engine dynamics, namely the � T;actual. For turbofan and
turbojet engines, Tavail is a function of air pressure at altitude ( palt), air temperature at altitude
(Talt), Mach number (M ) and the static thrust at sea level (Tstatic). For piston and turboprop
engines, the performance is described by their maximum produced power at sea level ( P0),
which is used together with air density at altitude ( � alt) to solve for the power available
(Pavail ). The Pavail of electric engines does not vary over h, and thus their Pavail equals always
P0 [11]. For piston, turboprop and electric engines, the Tavail was solved as a function of Pavail :

Tavail �
Pavail

vtot
� prop � mech (3 .1)

where � prop and � mech are propeller and power transmission ef�ciencies, respectively. Their
values were simpli�ed to have constant values that are given by the user as parameters.

Pavail at altitude for piston engines was solved through the relation given in [11]:

Pavail � P0

� alt
� 0

� 0:117

0:883
(3 .2)

For Pavail of turboprops, the relation given in reference [12] was used:

Pavail � P0

�
� alt

� 0


 0:7

(3 .3)

For turbofan and turbojet engines, there are two equations for solving Tavail depending
on whether the temperature ratio ( � ) is below or above the throttle ratio ( TR) that is an
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3 .2. Thrust Available and Fuel Consumption

engine design parameter dependent on engine design Mach number (M des;eng) and design
altitude ( hdes). The values of � and TR are de�ned by the equations given in [11]:

� �
Ttot

T0
�

Talt

T0

�
1 �

 � 1
2

M 2



(3 .4)

TR �
Tdes

T0

�
1 �

 � 1
2

M des;eng
2



(3 .5)

where Tdes is the temperature at hdes according to the U.S. Standard Atmosphere, and Ttot

is the stagnation temperature. Thereby, two equations given in reference [11] were used to
solve for Tavail of turbofan engines:

Tavail �

$
'''&

'''%

Tstatic �
�
1 � 0:49

?
M

�
� ¤ TR

Tstatic �

�

1 � 0:49

c

M �
3p� � TRq
1:5 � M

�

� ¡ TR
(3 .6)

where � is the pressure ratio at altitude and is de�ned by the relation between the stagnation
and static pressures [11]:

� �
ptot

p0
�

palt

p0

�
1 �

 � 1
2

M 2

 

 � 1

(3 .7)

For turbojet engines, two equations for solving Tavail given in reference [11] were used:

Tavail �

$
'''&

'''%

0:8 Tstatic �
�
1 � 0:16

?
M

�
� ¤ TR

0:8 Tstatic �

�

1 � 0:16

d

M �
24p� � TRq
p9 � M q�

�

� ¡ TR
(3 .8)

By using these equations for turbofan and turbojet engines, the air compressibility and
altitude effects for engine performances are accounted for.

For calculating the fuel consumption ( mfuel ) of turbofan and turbojet engines, a new
parameter for thrust-speci�c fuel consumption ( TSFC) was introduced to the model. TSFC
is multiplied by Tnet of an engine to get fuel burn rate which is integrated over time ( t) to
determine fuel consumption:

mfuel �
»

Tnet TSFC dt (3 .9)

For piston and turboprop engines, the brake-speci�c fuel consumption ( BSFC) was
introduced as the parameter to calculate their fuel consumption. In order to get the fuel burn
rate, Tnet is �rst multiplied by vtot to get the net propulsive power produced by the engine
(Pnet). However, the power in BSFC refers to the generated shaft power of the engine rather
than Pnet [13]. Thus, the Pnet signal is �rst divided by � prop and � mech to get the gross power
(Pgross) which is then multiplied by BSFC. Similarly, that signal is integrated over time to
get the fuel consumption of piston and turboprop engines:

mfuel �
»

Pgross BSFC dt �
»

Pnet

� prop � mech
BSFC dt �

»
Tnet vtot

� prop � mech
BSFC dt (3 .10)

For electric engines, thePgross signal is integrated over time to get the consumed energy ( E):

E �
»

Pgross dt �
»

Pnet

� prop � mech
dt �

»
Tnet vtot

� prop � mech
dt (3 .11)
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3 .3 Algebraic and Statistical Relations Between Geometry and
Aerodynamics

Prior to this work, the Aircraft Library required multiple aerodynamic coef�cients from the
user, that also had constant values during simulations regardless of the Mach number and
Reynolds number. The aim was to establish relations between the aircraft geometry and
aerodynamic coef�cients and take the compressibility effects into account for lift and drag
coef�cients. Additionally, a model for stall behaviour for the main wing and horizontal tail
was created. Eventually, the list of required aerodynamic coef�cients as an input by the user
was reduced to the properties of the 2D airfoils of each wing surface.

3 .3.1 Drag

As the lift-induced drag coef�cient ( CD; i) estimation was already implemented on the model,
and the wave drag is omitted as supersonic regime is not modelled, only the parasite drag
was to be estimated to the model, for which the component buildup method was used as
presented by Raymer [5]. The method estimates the parasite drag coef�cient ( CD; 0) for each
component (c) individually:

CD; 0;c �
Cf; c FFc Qc Swet;c

Sref;w
(3 .12)

where Cf is �at-plate skin-friction drag coef�cient, FF is form factor representing the
pressure drag contribution and interference factor Q estimates the interference effects due
to the component [5]. Swet is the wetted area of the component and Sref;w is the main wing
reference area.

There are two equations for Cf depending on whether the �ow over the component is
laminar or turbulent. For nacelles and the fuselage, completely turbulent �ow was assumed
over them, whereas for each wing (main wing, horizontal and vertical tail), the �ow was
assumed 10 % laminar and 90 % turbulent. Thus, the wings had a corresponding weighted
average of the two equations for Cf [5]:

Laminar: Cf �
1:328
?

Re
(3 .13)

Turbulent: Cf �
0:455

 
log10 rmin pRe; Recutoff qs

( 2:58
p1 � 0:144M 2q0:65

(3 .14)

where Re is the Reynolds number over the characteristic length of the object ( l ), that is the
mean chord length for the wings and the entire length of the component for the fuselage and
nacelles. In a turbulent �ow over relatively rough surfaces, the value of Cf actually becomes
higher than what the Eq. 3 .14 using Re would result in. Therefore, a variable for cut-off
Reynolds number (Recutoff ) was introduced to the model, and in Eq. 3 .14 the minimum of
the two Reynolds numbers is used. The value of Recutoff depends on l and the surface skin-
roughness value (k) and is determined by either of the two equations depending on the �ow
regime: [5]

Recutoff �

$
'''''&

'''''%

38:21
�

l
k


 1:053

M ¤ 0:72 (subsonic)

44:62
�

l
k


 1:053

M 1:16 M ¡ 0:72 (transsonic)

(3 .15)

Through the use of Eq. 3 .14, the air compressibility effects are also taken into account in the
drag estimation.
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3 .3. Algebraic and Statistical Relations Between Geometry and Aerodynamics

In order to determine the form factors for nacelles, their diameter ( dnac) and length ( lnac)
values were estimated with empirical relations as a function of Tstatic of the engine [14]:

dnac � 4

�

0:0625�
1

4
?

2

c

1:730ln
Tstatic

1000
� �

�

(3 .16)

lnac � 5

� Tstatic
1000

� 0:9839

6 �
�
1:730ln Tstatic

1000 � �
� (3 .17)

As the performance of turboprops is described by P0 rather than by Tstatic, a value for Tstatic

to be used in Eqs. 3 .16 and 3 .17 was calculated with a relation presented by Sforza [15]:

Tstatic �
� �

2
� 0 dprop

2 P0
2
	 1{3

(3 .18)

where dprop is the propeller diameter that was introduced as a new user input parameter.
The piston and electric engines were assumed to be installed completely inside the fuselage,
and thus their contribution to the drag is here omitted. According to Isikveren [14], the Eqs.
3 .16 and 3 .17 are only valid for engines with Tstatic ¡ 8:5 kN. Nevertheless, the use of the
equations was considered feasible here as turboprop, turbofan or turbojet engines with lower
Tstatic are rare [11].

The form factors of the wings were estimated as a function of their thickness-to-chord
ratios at mean chords pt{cqmean [14]:

FFw � 0:421

�

2 � 4
�

t
c




mean;w
� 240

�
t
c


 4

mean;w

�

(3 .19)

FFHT � 1 � 0:1
�

1 � 0:893
|zHT;FRP|

hfus


 �

2 � 4
�

t
c




mean;HT
� 240

�
t
c


 4

mean;HT

�

(3 .20)

FFVT � 0:5

�

2 � 4
�

t
c




mean;VT
� 240

�
t
c


 4

mean;VT

�

(3 .21)

where zHT;FRP is the z-coordinate of horizontal tail with respect to the fuselage reference plane,
and hfus is the maximum height of the fuselage. The pt{cqmean values are functions of t and c
at wing root and tip locations, all of which are user input parameters for all wings.

For fuselage and nacelles, theFF values were estimated as functions of their slenderness
ratios [14]:

FF fus � 1 � 0:0025
�

l fus

hfus



� 60

�
hfus

l fus


 3

(3 .22)

FFnac � 1:17
�
1 � 0:35

�
dnac

lnac


�
(3 .23)

where l fus is the fuselage length, also an input parameter by the user.
According to Raymer [5], the interference factors for main wing and fuselage are

negligible. Thus Qw � Qfus � 1. For nacelles, Qnac � 1:3 was used corresponding
to an assumption of the engine installation distance being less than dnac from wings or
fuselage. For both tail wings, an interference factor of conventional tail was chosen, and
thus QHT � QV T � 1:04.
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The �nal factor to establish the CD; 0;c estimates through the component buildup method
is the wetted area. For fuselage, theSwet value was estimated through a relation presented by
Torenbeek [4]:

Swet;fus � Cfus l fus

�

1 �
2C fus

�

l fus

� 2{3 �

1 �
C fus

�

l fus

� 2

(3 .24)

where Cfus is the maximum fuselage circumference, that is solved from the user input
parameters for hfus and fuselage maximum width ( wfus). For the main wing, the estimate
on Swet by Torenbeek [4] was used:

Swet;w � Sexp;w

�

1 � 0:25
�

t
c




root;w

1 � � w � w

1 � � w

�

(3 .25)

where � is the wing taper ratio and � � pt{cqtip { pt{cqroot . The exposed wing area (Sexp;w ) was
estimated as double the Sref;w minus the estimated square area that is inside the fuselage:

Sexp;w � 2pSref;w � croot;w wfusq (3 .26)

For Swet;HT , the Eqs. 3 .25 and 3 .26 with corresponding horizontal tail values and by replacing
wfus with a user input parameter for fuselage width at horizontal tail quarter chord ( wfus;HT )
were used. Similarly, for Swet;VT the Eq 3 .25 with corresponding vertical tail values was used,
and the exposed area was estimated asSexp;VT � 2 Sref;VT . Lastly, the empirical relation by
Isikveren [14] for estimating Swet;nac was used:

Swet;nac � 0:4056� 2 dnac

� b
0:2057lnac

2 � 0:04661dnac
2 �

b
0:1853lnac

2 � 0:07557dnac
2

�
b

0:005077lnac
2 � 0:01611dnac

2 �
b

0:01651lnac
2 � 0:03666dnac

2



(3 .27)

The effect of an increase in angle of attack (� ) to the drag of the wings was considered
with the already modelled lift-induced drag and the stall behaviour, further described
in Sec. 3 .3.3. The effect of increasing� to the drag of the nacelles is not considered. For
fuselage, a simpli�ed model of the effect of � to its drag was implemented. The model
consists of a function for the CD; fus that follows a sinusoidal curve from CD; 0;fus at � � 0
to CD; max;fus at � � 90� and � � � 90� :

CD; fus �
CD; 0;fus � CD; max;fus

2
cosp2 � q �

CD; 0;fus � CD; max;fus

2
(3 .28)

where

CD; max;fus �
0:8 l fus hfus

Sref;w
(3 .29)

The CD; max;fus corresponds to the drag coef�cient of a cylinder perpendicular to the wind.
The relation for CD; max;fus given in [16] for the Reynolds numbers of around 107 to 108, which
are corresponding to the fuselage Reynolds numbers in �ight, is normalised here with Sref;w

instead of the longitudinal cross section of the fuselage.
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3 .3.2 Lift

The lift curve slope of the main wing ( CL � ;w ) was estimated as a function of the lift curve
slope of its 2D airfoil ( Cl � ;w ) and other wing parameters and variables such that the air
compressibility effects are also considered [5]:

CL � ;w �
2 � AR w

2 �

c

4 � AR w
2 � 2

� w
2

�
1 � tan2 � w

� 2

	

�
Sexp;w

2 Sref;w


 �

1:07
�

1 �
wfus

bw


 2
�

(3 .30)

where

� 2 � 1 � M 2 (3 .31)

� w �
Cl � ;w

2 � { �
(3 .32)

and AR is wing aspect ratio, � is wing sweep angle at quarter chord and b is wing span, the
latter two of which are user input parameters.

Equation 3 .30 was also used forCL � ;HT with the corresponding horizontal tail values and
by replacing wfus with wfus;HT for CL � ;HT . As the vertical tail can be considered fully exposed,
and there is no contribution to CL � ;VT by the fuselage due to the vertical tail spanning only to
one side of the fuselage, the terms following the �rst fraction in Eq. 3 .30 can be omitted for
calculating the value for CL � ;VT resulting in

CL � ;VT �
2 � AR VT

2 �

c

4 � AR VT
2 � 2

� VT
2

�
1 � tan2 � VT

� 2

	 (3 .33)

The contribution of the fuselage to the lift on its own was not estimated on any dedicated
method for fuselage but through an empirical relation between the lift curve slopes of the
wing-body combination ( CL � ;wb ) and CL � ;w [14]:

CL � ;wb � CL � ;w

��
1 � 3:2

wfus

bw



Sexp;w

2 Sref;w
�

�
2 CL � ;w

wfus
2

Sref;w

�
(3 .34)

The lift coef�cient of the wing-body combination ( CL; wb ) before stall was then solved by
assuming the lift curve slope of the fuselage to be CL � ;wb subtracted by CL � ;w :

CL; wb � CL � ;w � eff;w � p CL � ;wb � CL � ;w q� (3 .35)

where � eff;w is the effective angle of attack of the wing with the contribution of wing incidence
i w , wing zero-lift angle of attack and induced angle of attack due to wing dihedral in sideslip.
The derivation for CL � ;wb was necessary not only for the fuselage contribution to the lift
force but also for solving the stability derivative coef�cient for change in roll moment due to
roll rate ( Cl p ) and the control derivative coef�cient for change in roll moment due to aileron
de�ection ( Cl � a

) as it is a factor in their de�nitions.

3 .3.3 Stall Behaviour

The stall behaviour for the main wing and horizontal tail was solved as a parametric
analytical geometry problem where a combination of parabolic curves are generated as a
function of CL � and the maximum lift coef�cient for the wing ( CL max ). The value for CL max

was solved by a relation presented by Raymer [5]

CL max � 0:9 Cl max cos� (3 .36)
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where Cl max is the user input parameter for maximum lift coef�cient of the 2D airfoil. The
parabolic curves were solved such that they would mimic the CL curves over � right before
and long after the point where CL max is achieved. References [17] and [18] were studied for
before and after stall behaviour of CL values. The following conclusion from post stall studies
were made, that would together with a requirement of differentiable function fully de�ne a
set of three second order functions:

1. The parabola around CL max is 8 degrees wide.

2. At � eff � � eff;C L � CL max
� 1

4

�
90� � � eff;C L � CL max

�
the derivative BCL

B� � 0.

3. At � eff � 90� , the CL � 0.

By using the � eff, in the linear part of the CL vs. � curve, i.e. when BCL
B� � CL � , the CL is by

de�nition 0 at � eff � 0 for the main wing and horizontal tail. For � eff;HT , also the downwash
angle (� ) generated by the main wing and the induced angle of attack for horizontal tail due
to pitching rate ( q) are considered. The de�nition for the parabolic curves after the linear part
are also graphically shown in Fig. 3 .2, where the different linear and parabolic curves of the
functions are shown in different colours.

Figure 3 .2: CL vs. � curves showing the constraints de�ning the second order functions to
model stall in the library.

The results of the post stall studies showed however that the shape of the CL vs. � curve
after stall varies with AR and � . The practiced method here was still deemed adequate for
predicting stall behaviour in conceptual design stage.

A study on the CD vs. � during stall was also conducted, and based on its �ndings the
following assumptions for modelling the post stall CD vs. � curve were made:

1. TheCD of a wing stops following the CD; 0 � CD; i curve when � eff ¡ � eff;C L � CL max
[19]

2. When � eff ¡ � eff;C L � CL max
, the curve starts following a sinus curve until CD max is

achieved at � eff � 90� [20].

Here the requirement for a continuous function was kept but the requirement for a
differentiable function was rejected as the CD vs. � slope experienced an abrupt increase at
� eff;C L � CL max

also in the studied stall experiments. The CD max was calculated with a formula
for CD of a �at plate perpendicular to the wind as a function of its AR [21]:

CD max � 1:98� 0:81
�
1 � ep� 20

AR q
�

(3 .37)
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Fig. 3 .3 shows graphically the de�nition and the required parameters for the sinus curve to
model post stall CD . K is the induced drag factor for a wing, and its de�nition was already
implemented in the Aircraft Library.

Figure 3 .3: De�nitions for a sinus function to model CD vs. � with an example showing the
curve for wing with CD max � 1:2.

3 .3.4 Other Aerodynamic Coef�cients

In addition to the lift and drag coef�cients, there were two aerodynamic coef�cients left as
a user input parameter that were to be estimated based on the aircraft geometry, namely the
sidewash due sideslip angle ( B�

B� ) and the empirical factor for estimating yaw due to aileron
de�ection control derivative coef�cient ( K Cn � a

).

For estimating the value for B�
B� , the an empirical relation presented in USAF DATCOM

[22] was used:

B�
B�

� � 0:276� 3:06

Sref; VT

Sref; w

1 � cos� w
� 0:4

�
� tan� w

yw; AC � w fus

2

	
� zw;root

wfus
� 0:009AR w (3 .38)

where � w is the main wing dihedral angle, yw;AC is the y-coordinate of main wing
aerodynamic centre with respect to fuselage centreline and zw;root is the z-coordinate of main
wing root with respect to the fuselage reference plane.

The value of K Cn � a
is a function of AR w , bw and the y-coordinate of the inboard edge of

the aileron (ya;root ). Its value was previously left for the user to determine from the dedicated
curve chart found in reference [10]. The numerical data from the curve chart was extracted
into a table, and a function of AR, bw and ya;root was �tted on the table data resulting in an
equation for estimating K Cn � a

:

K Cn � a
� � 0:350894� 0:066355

�
2 ya;root

bw


 4:15179

� 0:029308AR w (3 .39)

and the chart is replicated here using Eq. 3 .39 in Fig. 3 .4.
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Figure 3 .4: Curve chart for estimating K Cn � a
.

3 .4 Weight Estimation

The library previously required the entire weight of the aircraft, its CG location and inertia
tensor as an input parameter by the user. This was to be developed such that the all
mass properties are estimated based on the geometrical input parameters and some design
variables while also keeping the option to input the mass properties directly to the library
should they be known or estimated outside the library. For this purpose, a new boolean
input parameter was introduced to switch between these options.

To estimate the weight of fuselage, main wing, horizontal and vertical tail, the empirical
weight estimation methods by Nicolai [23] were used. The method presents two relations for
each component, one for light utility aircraft and one for larger aircraft. The limit between
the two groups was set to a design cruise Mach number ( M des) of 0.4. The weight estimation
method required also additional design parameters, that are design maximum take-off mass
(mMTO;des), maximum dynamic pressure ( qmax) and maximum load factor ( nmax), which
were introduced as new user input parameters to the model. For other components, other
statistical relation from various sources were used, and they are presented in their respective
sections.

3 .4.1 Fuselage

The equations given in Nicolai [23] are all to be used with imperial units but here they are
converted to work with SI-units. The equations for the weight of the fuselage ( mfus) are
functions of the new design parameters and the fuselage dimensions:

mfus �

$
'''&

'''%

0:0837767
�
l fus

0:857phfus � wfusqpmMTO;des nmaxq0:286 vmax;0
0:338

� 1:1
M des ¤ 0:4

0:001287mMTO;des
0:95 qmax

0:283

�
l fus

hfus


 0:71

M des ¡ 0:4

(3 .40)
where vmax;0 is the maximum airspeed at sea level and is calculated here as a function of the
new qmax input parameter:

vmax �

c
2 qmax

� 0
(3 .41)
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Only the fuselage structural weight, excluding the weight of payload and all systems
onboard, is included in mfus. If advanced composite materials are used, that is indicated
by a dedicated boolean user input parameter, then a factor of 0.75 is added into Eq. 3 .40 to
represent the consequent weight reduction [23].

3 .4.2 Main Wing

Similarly, the equations to estimate the weight of the main wing ( mw ) are functions of the
new design parameters and wing geometric parameters [23]:

mw �

$
'''''''''&

'''''''''%

0:011409
 
Sref;w

0:61pmMTO;des nmaxq0:65p1 � 0:0038876vmaxq0:5
M des ¤ 0:4

�
�

AR w
1

cos � w


 0:57 �
croot;w p1 � � w q

t root;w

� 0:36
+ 0:993

5:00928AR w Sref;w
0:48 � w

0:14 pmMTO;des nmaxq0:84 M max;0
0:43

104
�

t root; w

croot; w

	 0:76
cos � w;HC

1:54
M des ¡ 0:4

(3 .42)
where M max;0 is the maximum Mach number at sea level, that is vmax;0 divided by speed of
sound at sea level (a0), and � w;HC is the main wing sweep angle at half chord. The value for
� w;HC is calculated from � w and the wing dimensions:

� w;HC � tan � 1
�

2 bw tan � w � croot;w � ctip ;w

2 bw



(3 .43)

If advanced composite materials are used, the factor added to Eq. 3 .42 is 0.8 [23].

3 .4.3 Tail

The equations for horizontal tail weight estimation ( mHT ) are functions of horizontal tail
geometry, its position, mMTO;des and nmax [23]:

mHT �

$
'''''''''&

'''''''''%

0:122722

�

lHT
0:483 Sref;HT

1:2
�

bHT

t root;HT


 0:5

pmMTO;des nmaxq0:87

� 0:458

M des ¤ 0:4

0:0133656

�

Sref;HT
0:584

�
bHT

t root;HT


 0:033 �
cmean;HT

lHT


 0:28

M des ¡ 0:4

�p mMTO;des nmaxq0:813
� 0:915

(3 .44)
where lHT is the horizontal tail lever arm measured from main wing aerodynamic centre to
horizontal tail mean quarter chord. The horizontal tail mean chord was solved through the
equation for mean chord of an arbitrary tapered wing [24]:

cmean;HT �
2
3

croot;HT
1 � � HT � p � HT q2

1 � � HT
(3 .45)

Similarly to horizontal tail, the weight of vertical tail ( mVT) is estimated as a function of its
geometry, position and the design parameters [23]:
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mVT �

$
'''''''''''''&

'''''''''''''%

0:000112407Sref;VT
1:2

�
bVT

t root;VT


 0:5

pmMTO;des nmaxq0:87 M des ¤ 0:4

0:769664
!

AR VT
0:337 Sref;VT

1:089 rp1 � � VTqmMTO;des nmaxs0:363

M des ¡ 0:4
�

�
1 �

Sr

Sref;VT


 0:217

M max;0
0:601 lVT

� 0:726 cos � VT
� 0:484

�
�
1 �

minp0; zHT;FRP � zVT;rootq
bVT

� 0:5
+ 1:014

(3 .46)
where Sr is the rudder area (on one side), zVT;root is the z-coordinate of vertical tail root chord
with respect to fuselage reference plane and lVT is the vertical tail arm length measured from
main wing aerodynamic centre to vertical tail aerodynamic centre. The reduction factor to be
added to Eqs. 3 .44 and 3 .46 if advanced composite materials are used, is 0.75 [23].

For the lever arm values, aerodynamic centre locations of horizontal and vertical tail were
�rst solved with the help of equations given in reference [24]. Thus, the values for lHT and lVT

were able to be solved with the existing user input parameters:

lHT � | xHT;root;LE| � tan � HT;LE
bHT � wfus;HT

2
1 � 2 � HT

3 � 3 � HT
�

cmean;HT

4
� | xw;AC | (3 .47)

lVT � | xVT;root;LE| � tan � VT;LE bVT
1 � 2 � VT

3 � 3 � VT
�

cmean;VT

4
� | xw;AC | (3 .48)

where xHT;root;LE and xVT;root;LE are the x-coordinates of horizontal and vertical tail root chord
leading edges measured from cmean;w leading edge, and xw;AC is the x-coordinate of main
wing aerodynamic centre with respect to cmean;w leading edge. The mean aerodynamic chord
of vertical tail ( cmean;VT) was calculated with Eq. 3 .45 using corresponding vertical tail values.
The sweep angles at horizontal and vertical tail leading edges were solved similarly to � w;HC

through trigonometry:

� HT;LE � tan � 1
�

croot;HT � ctip ;HT � 2 bHT tan � HT

2 bHT



(3 .49)

� VT;LE � tan � 1
�

croot;VT � ctip ;VT � 4 bVT tan � VT

4 bHT



(3 .50)

3 .4.4 Engines

The weight estimation method by Isikveren [14] was used to estimate the weight of
turboprop, turbofan and turbojet engines including installation. The method gives a
statistical relation between the installed engine mass (meng) and Tstatic. For turboprop, the
relations reads as:

meng � 0:016316586pTstaticq1:0572 � 0:00613Tstatic (3 .51)

For turbofan and turbojet engines, the relation depends additionally on whether the engine
has a thrust-reverser:

meng �

$
'&

'%

0:0157365Tstatic
1:0572 � 0:02173185Tstatic

0:7780992 � T;neg;max � 0

0:01646307Tstatic
1:0572 � 0:02173185Tstatic

0:7780992 � T;neg;max ¡ 0
(3 .52)
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3 .4. Weight Estimation

where � T;neg;max is the user input parameter for maximum negative thrust of the engine as
a fraction of Tavail (having the allowed range from 0 to 1). For turboprops, there is no
weight addition from the existence of a thrust-reverser as for them the thrust reverser is
usually deployed simply by changing the propeller blade pitch angle instead of redirecting
the exhaust gas inside the nacelle [13].

For piston engines, the statistical relation between uninstalled engine weight and P0

presented by Gudmundsson [11] and the statistical relation between uninstalled and installed
engine weight of a light utility aircraft by Nicolai [23] were combined to establish relation
between installed engine weight and P0:

meng � 0:0045394pP0 � 16076:3q0:922 (3 .53)

Well established statistical relation between aircraft electric engine weight and its P0 was
not found, and thus the electrical engine weight was estimated with a conservative engine
speci�c power value of 4; 000 W{kg based on the data in references [25] and [26]. The rule
of thumb for adding 25 %for electric engine installation by Nicolai [23] was used for solving
the installed electric engine weight resulting in

meng �
P0

3200
(3 .54)

3 .4.5 Fuel Tanks

The volumes of the fuel tanks were estimated with existing methods and a new user input
parameter was introduced for the fuel density to be used to calculate the fuel tank weight.
The structural weight of all tanks was assumed to be included in fuselage and wing structural
weights, and therefore the weight of the fuel tanks is purely the product of their volume and
the given fuel density. New user input parameters were also introduced to reduce the fuel
tank volumes with a fudge factor and to set a fraction of total tank volume to be used as an
initial fuel volume for the �ight mission. During the simulation, the fuel weight is retracted
by the amount of burned fuel according to the calculations presented in Sec. 3 .2.

For the centre fuel tank, the volume Vctrf was estimated using a statistical relation
presented by Ding and Zhang [27]:

Vctrf �
2111
2750

croot;w t root;w wfus (3 .55)

For estimating the volume of wing fuel tank volume on one side of the main wing ( Vwf ), the
Torenbeek method for a continuous wing fuel tank disregarding any breaks at the spanwise
location of the engines was used [4]:

Vwf � 0:27
Sref;w

2 t root;w p1 � � w
?

� w � � w
2� w q

bw croot;w p1 � � w q2 (3 .56)

3 .4.6 Battery

For estimating the weight of the battery ( mbatt) for aircraft with electric propulsion, two new
user input parameters were introduced for the speci�c energy ( ecell) and energy density (Ucell)
of the battery cells. Additionally, the gross capacity of the battery system ( Ebatt) was left
for the user to input as a parameter. In order to add the weight due to casing, cooling
and installation of the battery system, the statistical relations between the e and U values
on battery cell and battery system levels for a battery consisting of cylindrical battery cells
presented by Löbberding et al. [28] were used:
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ebatt � 2:613ecell � 0:14690 (3 .57)

Ubatt � 0:847Ucell � 1:05986� 10� 4 (3 .58)

The equations above only work with standard SI-units for speci�c energy (J/kg) and energy
density (J/m 3). The given Ebatt value by the user is divided by ebatt and Ubatt to get the mass
and volume of the battery system, respectively.

3 .4.7 Landing Gear

For the landing gear, the weight estimation method presented by Isikveren [14] was used
since it couples the mMTO;des value with landing gear strut length, landing touch down speed
and tyre in�ation pressure, and thus no new user input parameters were required to be
introduced for landing gear. The Isikveren method for the landing gear weight ( mlg) is a
function of mMTO;des and the mounting of the main wing and engines:

mlg � r 587� 153p� 1 � � 2qs
�

mMTO;des

1:4 � 104


 1:05

(3 .59)

where

� 1 �

#
0 fuselage mounted engines
1 wing mounted engines

(3 .60)

� 2 �

#
0 0:5 � zw;root {hfus ¤ 0:25
1 0:5 � zw;root {hfus ¡ 0:25

(3 .61)

3 .4.8 Systems

Instead of estimating the weight of each component of the systems installed onboard, the
simple estimate for the entire systems weight ( msys) presented by Isikveren [14] was used:

msys � 0:6 kpax npax (3 .62)

where npax is the design number of passengers, and kpax is the constant weight passenger
coef�cient which Isikveren has derived from npax and the number of seats abreast (nabs):

kpax �

$
'&

'%

55:168� 10:344nabs � 3:9865npax
0:3494 npax ¤ 180

69:12� 12:96nabs � 3:9865npax
0:3494 npax ¡ 180

(3 .63)

The two equations for kpax depending on the limit of npax � 180is based on the assumption by
Isikveren that aircraft with more than 180 passengers have two aisles in the cabin. The value
for nabs was derived here from wfus and a seat width of wseat � 0:5588m, that represents the
wide end of the seat widths in use in economy class [23]:

nabs �

$
''''&

''''%

Z
0:9 wfus

wseat

^
npax ¤ 180

Z
0:9 wfus

wseat

^
� 1 npax ¡ 180

(3 .64)

The used method for estimating systems weight is indeed best to be used for commercial
passenger aircraft while giving more underestimated values of msys for smaller general
aviation aircraft or cargo aircraft.
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3 .4.9 Payload

The weight of the payload ( mPL) was left for the user to enter as its value is critical for the
purpose of aircraft conceptual design and may vary greatly among different aircraft with
otherwise similar design variables. The user is however advised to use standard passenger
and baggage weights by FAA [29], shown in Tab. 3 .1, to be multiplied by npax for passenger
aircraft.

Table 3 .1: Standard passenger and baggage weights. [29]

Season Adult [kg] Baggage [kg]
Summer 81.6 11:3� 13:6��

Winter 83.9 11:3� 13:6��

� Domestic �ight. �� International �ight.

3 .5 Centre of Gravity Location

In order to get a correct CG location for the entire aircraft, the CG locations within each
component need to be determined along with the coordinates of each component with respect
to a set reference point. The reference point in the model is set to a fuselage reference point
that is half of all given maximum fuselage dimensions, shown in Fig. 3 .5.

Figure 3 .5: Reference point from which the coordinates of the origin of components are
measured from.

3 .5.1 Fuselage

According to Roskam [30], the CG location of the fuselage depends on the propulsion
con�guration. Table 3 .2 shows how the data given in [30] was implemented here with the
restrictions existing in the library, namely the assumption of turboprop, electric and piston
engines being tractor engines (propeller at front).

Table 3 .2: CG locations for fuselage.

Propulsion con�guration CG Location
Single Engine 33.5 % ofl fus from nose
Turboprop, Electric or Piston Engines (wing mounted) 39.0 % ofl fus from nose
Turbofan or Turbojet Engines (wing mounted) 43.5 % ofl fus from nose
Any Engine (rear fuselage mounted) 48.5 % ofl fus from nose
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3 .5.2 Wings

Reference [30] was examined for determining the CG locations of each component. For wings,
the CG locations were given as a fraction of the wing semispan and a fraction of the chord
length at the given spanwise location, as shown in Tab. 3 .3.

Table 3 .3: CG locations for wings.

Component Spanwise CG Location Chordwise CG Location
Unswept Wing (half) 40 % of semispan 40 % of chord length from LE
Swept Wing (half) 35 % of semispan 50 % of chord length from LE
Horizontal Tail (half) 38 % of semispan 42 % of chord length from LE
Vertical Tail 38-55%� of semispan 42 % of chord length from LE
� Depending on horizontal tail z-coordinate. Equation shown in Appendix A .1.

However, when considering the contribution of the CG locations and inertia tensors of the
wings to the CG location and inertia tensor of the entire aircraft, the � w , i w and i HT angles
needed to be considered (dihedral angle for horizontal tail is not modelled), as a change in
their value will shift the wing CG with respect to the fuselage reference point.

For the main wing, the CG location was solved on each side with respect to its root quarter
chord in a frame where xy-plane is parallel to the wing surface such that the values given in
reference [30] were convenient to use. Fixed rotation with a rotation sequence of �rst � w (� � w

for left wing) around body x-axis and then i w around the resulting y-axis was put after the
�xed translation from the fuselage reference point to wing root quarter chord. Thus, a change
in � w and i w results in a correct change in the half wing CG locations. However, this method
also required all spanwise distances to be divided by cos � w as the wing span is measured on
xy-plane on the body frame. The CG location on horizontal tail was solved on a frame rotated
i HT around the body y-axis.

The equations for solving all wing origin coordinates with respect to the fuselage reference
point and the CG coordinates within the wings are found in Appendix A .1.

3 .5.3 Engines

The CGs of turboprop, turbofan and turbojet engines were estimated to be in their nacelle
geometric centroids based on the calculated variables of lnac and dnac. For piston and electric
engines, the CG is at the exact position according to the user input parameters stating the
engine locations.

3 .5.4 Fuel Tanks

The CG location of the fuel tanks was solved individually for centre fuel tank and the tanks
on each side of the main wing. The CG of the centre fuel tank is at half wing root chord on the
body x-axis and at fuselage centreline on the body y-axis. The CG of the wing fuel tanks is at
the geometric centroid of the tank trapezoid, which has its dimensions and position within
the wings shown in Fig. 3 .6 together with the centre tank. The wing fuel tank trapezoid
dimensions are based on the data given by Isikveren [14].
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Figure 3 .6: Dimensions and CG locations of the wing and centre tanks.

The wing fuel tank coordinates ( sx and sy ) are the coordinates for the geometric centroid of
an arbitrary trapezoid [31]:

sx �
2ac � a2 � cb� ab� b2

3pa � bq
(3 .65)

sy �
h
3

�
2a � b
a � b



(3 .66)

where

h �
0:7 bw � wfus

2 cos �w
(3 .67)

a � croot;w �
0:96hpctip ;w � croot;w q

bw � wfus
(3 .68)

b � 0:48croot;w (3 .69)

c �
0:3 hpctip ;w � croot;w q

bw � wfus
� h tan � w;LE (3 .70)

The sweep angle at the main wing leading edge was solved with the sweep angle at quarter
chord and the wing dimensions:

� w;LE � tan � 1
�

2 bw tan � w � ctip ;w � croot;w

2 bw



(3 .71)

Figure 3 .6 shows that setting the wing fuel tank CG to the geometric centroid of the
2D trapezoid is not completely accurate as the change in the thickness of the tank along
the semispan is thus disregarded which, had it been implemented, would have resulted in
a more inboard CG location. However, the implemented simpli�ed wing fuel tank model
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also disregards the cut in the tank that exists at the spanwise location of wing mounted
engines [14], which on the other hand would shift the CG outboard. Hence, the implemented
simpli�cation of the fuel wing tank was considered adequate although the inaccuracy still
remains with fuselage mounted engines. The CG locations of the fuel tanks were considered
�xed over time despite the burning of the fuel.

3 .5.5 Battery

For aircraft with electric propulsion, the battery system CG location has a large impact on
the aircraft longitudinal stability and it is essential to be able to shift it with ease during the
aircraft conceptual design process. Thus, the battery system CG location on body x-axis was
left for the user to decide directly through a new input parameter. On body y-axis the CG
location was assumed to be at the fuselage centreline. Due to the modelled shape of the
battery system described in Sec. 3 .6, its CG location on body z-axis resulted in 0:159075hfus

below the fuselage reference plane.

3 .5.6 Landing Gear

When it comes to the landing gear, there usually are two different con�gurations in use,
namely the tricycle and taildragger landing gears. The rule to position the landing gear
correctly includes that for tricycle landing gear the heavier main landing gear is slightly aft
of the aircraft CG while the lighter nose gear sits far in the front. For taildragger landing gear
it is the opposite, and thus an assumption was made to locate the landing gear CG always
at the guessed aircraft CG along the body x-axis. For this purpose, a guessed value of 15 %
of cmean;w for the aircraft CG was used. In body z-axis the landing gear CG was set to hfus{2
below the fuselage reference plane. [11]

3 .5.7 Systems and Payload

The CG location for all the systems installed onboard is the same as fuselage CG as the
moment of inertia estimation method used for fuselage takes also the weight distribution
of the systems into account. For payload, the fuselage reference point shown in Fig. 3 .5 was
used as its CG location.

3 .6 Inertia Tensor

The moment of inertia estimation methods given in USAF DATCOM [22] were used to
determine the moments of inertia for main wing, horizontal tail, vertical tail and fuselage
(with systems installed onboard). The �nal form of the implemented equations in the model
are shown in detail in Appendix A .2. For other components, the moment of inertia equations
for simple solid 3D shapes were used.

3 .6.1 Engines

The moments of inertia for turboprop, turbofan and turbojet engines were estimated as them
being solid cylinders:

I xx; eng �
1
2

meng

�
dnac

2


 2

(3 .72)

I yy; eng � I zz; eng �
1
12

meng

�

3
�

dnac

2


 2

� lnac
2

�

(3 .73)

The piston and electric engines were considered as point masses without moments of inertia.
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3 .6.2 Fuel Tanks

The centre fuel tank was also considered as a box. The width of the centre tank was set to
90 % of wfus, and the height of the tank was set to 90 % of t root;w . Thus, by knowing the two
dimensions and the volume of the centre fuel tank, its moments of inertia could be solved
similarly to the moments of inertia of the payload:

I xx; ctrf �
1
12

mctrf
�
p0:9 wfusq2 � p 0:9 t root;w q2

�
(3 .74)

I yy; ctrf �
1
12

mctrf

� �
Vctrf

0:81wfus t root;w


 2

� p 0:9 t root;w q2

�

(3 .75)

I zz; ctrf �
1
12

mctrf

� �
Vctrf

0:81wfus t root;w


 2

� p 0:9 wfusq2

�

(3 .76)

The moments of inertia for wing fuel tanks were estimated with the equations for radius of
gyration ( r g) of an arbitrary 2D trapezoid and the relation between moment of inertia and
radius of gyration around an axis:

I � m r g
2 (3 .77)

The r g around different axes was calculated with the equations given in reference [31], and
together with Eq. 3 .77 the moments of inertia for one trapezoidal wing fuel tank ( I wf ) were
calculated as functions of the tank dimensions on a frame that is parallel to the wing surface,
as was done to the main half wing CG location:

I xx; wf � mwf
h2

36

�
2 �

4ab
pa � bq2

�
(3 .78)

I yy; wf � mwf
a4 � 2a3b� a3c � a2b2 � 3a2bc� 2ab3 � 3ab2c � 4abc2 � b4 � b3c � b2c2

18pa � bq2

(3 .79)

I zz; wf � I xx; wf � I yy; wf (3 .80)

where h, a, b and c are given by Eqs. 3 .67, 3 .68, 3 .69 and 3 .70, respectively. Using only the
r g values of a 2D trapezoid for solving the moments of inertia of the wing fuel tanks comes
with the same inaccuracies discussed in Sec. 3 .5 due to neglecting the thickening of the tank
from tip to root.

As the weight of the tanks and consequently their moments of inertia are not constant,
the Modelica Standard Library model for 6DOF body could not be used due to its limitation
of accepting constant mass properties only. Instead, the gravitational force and the forces
resisting linear and angular accelerations were solved and applied with force and torque
components acting on the tank CG such that

°
F � ma and � � I � .

3 .6.3 Battery

For aircraft with electric propulsion, the battery system was modelled as a solid box with a
width of 0:6363wfus and a height of 0:31815hfus. The width of the box correspond to 90 % of
the width for the largest possible rectangle �tted inside an ellipse [32]. Its height on the other
hand is half of the 90 % of the corresponding rectangle height, and the top surface of the box
was set on the fuselage reference plane. As the volume of the battery system was known, the
length of the battery system box was also known, and the moments of inertia of the battery
system could be solved with moment of inertia equations for a solid box:
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I xx; batt �
1
12

mbatt
�
p0:6363wfusq2 � p 0:31815hfusq2

�
(3 .81)

I yy; batt �
1
12

mbatt

� �
Vbatt

0:202438845wfus hfus


 2

� p 0:31815hfusq2

�

(3 .82)

I zz; batt �
1
12

mbatt

� �
Vbatt

0:202438845wfus hfus


 2

� p 0:6363wfusq2

�

(3 .83)

3 .6.4 Landing Gear

Within the range of the aircraft that can be modelled with the library, there is no standard
shape for landing gears, and consequently a compromise was made to consider them as point
loads without moments of inertia.

3 .6.5 Payload

For the payload, the moments of inertia were estimated as it being a box inside the fuselage.
The dimensions of the box were determined as 0:8 l fus along body x-axis, 0:6363wfus along
body y-axis and 0:6363hfus along body z-axis. Similarly to the dimensions of the battery, the
set value for payload width and height correspond to 90 % of the width and height of the
largest possible rectangle �tted inside an ellipse. Thus, the equations of moments of inertia
for a solid box were used with the corresponding box dimensions:

I xx; PL �
1
12

mPL
�
p0:6363wfusq2 � p 0:6363hfusq2

�
(3 .84)

I yy; PL �
1
12

mPL
�
p0:8 l fusq2 � p 0:6363hfusq2

�
(3 .85)

I zz; PL �
1
12

mPL
�
p0:8 l fusq2 � p 0:6363wfusq2

�
(3 .86)

3 .6.6 Products of Inertia

The products of inertia ( I xy , I xz and I yz ) were not considered on the component level.
However, as moments of inertia of each component are summed with their eventual lever
arms with respect to the eventual CG of the entire aircraft, the products of inertia values for
the entire aircraft emerge when the model is compiled for simulation, and they will contribute
to the �ight mechanics.
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3 .7 The Use of the Model in Aircraft Sizing

Creating the aircraft geometry from scratch by only using the Aircraft Library is challenging
as there are no tools guiding the user on how to create a stable aircraft with correctly sized
and positioned wing and tail. For testing the library in aircraft sizing, a new aircraft with
the geometry of the now discontinued Boeing 757-300 was modelled. The motivation for
choosing that exact airliner is due to the lack of a direct replacing airliner available at the
market [33] [34], and the recent advancements in lighter structural materials make the case for
designing a replacement for the Boeing 757 series relevant. Thus, the aircraft sizing process
was conducted here by resizing the Boeing 757-300 with using advanced composite materials.
The remaining initial design variables and constraints are shown in Tab.3 .4.

Table 3 .4: Initial design variables and constraints for the aircraft design to be sized.

Variable Value
mMTO;des 122,920 kg
npax 230
M des 0.8
mPL 22,800 kg
qmax 0.15 bar
nmax 2.5

The limited guidance to the user given by the Aircraft Library when adjusting the parameters
for achieving an optimal geometry is compensated by enabling the simulation of any aircraft
de�ned within the allowed parameter space for any detailed �ight mission. Given that the
range requirement for the new aircraft was to �y from New York to London, the �ight data
with altitude, velocity and track angle of a real British Airways �ight BA112 on 12/21/2019
from New York John F. Kennedy (JFK) to London Heathrow (LHR) from the �ight tracking
service Flightradar24 was used as the input commands for the autopilot. For modeling
the �ight to a diversion airport after a missed landing attempt with a required length of
45 minutes [35], the �ight data of another British Airways �ight BA430 on 02/16/2022 from
London Heathrow to Amsterdam Schiphol (AMS) was used. The �ight mission with the two
�ights combined is shown in Fig. 3 .7.

The library is not suitable for modelling neither take-off nor landing at its currents status
due to the lack of a model for �aps. Thus, minimum values of 1,200 m and 306 km/h were
used for altitude and �ight speed, respectively. By using the congested London Heathrow
as the destination airport, some amount of loitering emerged conveniently into the �ight
mission prior to landing to LHR.

The altitude given by the Flightradar24 is the calibrated altitude, and thus it corresponds
to the geometric altitude used in the library [36]. The velocity given by Flightradar24 however
is the ground speed (vground ), that is de�ned by vground � vtot cosj j, where  is the �ight path
angle. Thus, the vtot command given to autopilot was actually slightly smaller that the vtot of
the modelled British Airways �ights during climbs and descends.

The track angle values given by Flightradar24 were originally in the range between 0�

and 360� . However, the autopilot currently cannot tell the aircraft for example to turn right
from a track angle of 359� to 1� or to turn left from 1� to 359� but rather tell the aircraft
to turn 358� instead of 2� in both cases. Therefore, the track angles were converted into
cumulative rotation angles measured from the initial track angle, and consequently the track
angles shown in Fig. 3 .7 have values below 0� and above 360� .
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Figure 3 .7: Mission pro�le from JFK to LHR and to diversion airport AMS.

The suggested aircraft sizing �owchart to be followed with the Aircraft Library is shown
in Fig. 3 .8, and it is adjusted to the functionalities of the library. The �rst four tasks of
the �owchart are the ones earlier described in this section. The simulation of the aircraft
design with the set �ight mission is followed by four consecutive decisions to check if the
aircraft is controllable with the autopilot, �ying performance, convergence of mMTO and if
the constraints are satis�ed. If any of the checks fails, the suggested corrections are to be
followed after which the mission is simulated again, and this is repeated until all checks are
satis�ed.
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